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Recent advances in electric propulsion technologies such as magnetoplasma rockets gave a new momentum to the study of nuclear electric propulsion concepts for Mars missions. Some recent works have been focused on very short Earth-to-Mars transfers of about 40 days with high-power, variable speci¦c impulse propulsion systems [1] . While the interest of nuclear electric propulsion appears clearly with regard to the payload mass ratio (due to a high level of speci¦c impulse), its interest with regard to the transfer time is more complex to de¦ne, as it depends on many design parameters. In this paper, a general analysis of the capability of nuclear electric propulsion systems considering both criteria (the payload mass ratio and the transfer time) is performed, and the technological requirements for fast EarthMars transfers are studied. This analysis has been performed in two steps. First, complete trajectory optimizations have been performed by CNES-DCT in order to obtain the propulsion requirements of the mission for di¨erent technological hypotheses regarding the engine technology (speci¦c impulse levels and the throttling capability) and di¨erent mission requirements. The methodology used for designing fuel-optimal heliocentric trajectories, based on the Pontryagin£s Maximum Principle will be presented. Trajectories have been computed for various power levels combined with either variable or ¦xed I sp . The second step consisted in evaluating a simpler method that could easily link the main mission requirements (the transfer time and the payload fraction) to the main technological requirements (the speci¦c mass of the power generation system and the structure mass ratio of the whole vehicle, excluding the power generation system). Indeed, for power-limited systems, propulsion requirements can be characterized through the ¤trajectory characteristic¥ parameter, de¦ned as the integral over time of the squared thrust acceleration. Technological requirements for the vehicle can then be derived from the propulsion requirements using a simpli¦ed performance model designed by Onera [2] . This model yields the optimum vehicle design in terms of the payload mass ratio as well as the theoretical upper limit of the power source£s speci¦c mass as a function of the transfer time. Both studies show that the key to very fast EarthMars transfers (40 days, or less) is the reduction of the power source speci¦c mass below 1 kg/kW. On-going French studies [3] tend to show that speci¦c masses of nuclear reactors for exploration mission are expected to be much higher, even at very high power levels, so this requirement is unlikely to be met at short or medium term. Finally, a synthesis of these results will outline the performance of a nuclear electric propulsion system for fast EarthMars transfer that could be achievable considering ¤reasonably optimistic¥ hypotheses for the speci¦c mass of the power generator. 
INTRODUCTION
One of the most challenging aspects of human Mars missions is the long duration of the transfers. The Earth-to-Mars transfer time is typically about 6 months or greater in scenarios using the conventional chemical or nuclear thermal propulsion.
Previous studies tend to show that nuclear electric propulsion is a good candidate for manned Mars missions, allowing increased payload ratios, more §exible departure window opportunities and potentially, shorter durations compared to more conventional propulsion [47] .
In this paper, the feasibility of faster interplanetary transfers using the nuclear electric propulsion and, generally speaking, power-limited propulsion systems is discussed.
NUCLEAR AND ELECTRIC ROCKET PROPULSION
In section 2, the method and the results obtained by CNES-DCT concerning fuel-optimal trajectory computations are presented. This study made it possible to evaluate precisely the best payload ratio that can be achieved for a given transfer time (39, 60, 90, 120, and 180 days) with various power levels using either ¦xed or variable speci¦c impulse.
In section 3, a generic analysis of Power-Limited systems performance using a very simple model is presented. This analysis emphasizes the importance of the speci¦c mass of the power and propulsion system.
In section 4, the levels of achievable speci¦c mass for the power and propulsion system depending of the technology are discussed. Finally, in section 5, di¨erent Earth-to-Mars transfer scenarios, including an improved version of the fast transfer mission studied by Ad Astra for the VASIMR (VAriable Speci¦c Impulse Magnetoplasma Rocket) concept (cf. [1] and [8] ) and other scenarios based on the hypotheses of achievable speci¦c mass de¦ned in section 4 are discussed.
TRAJECTORY OPTIMIZATION FOR FAST EARTHMARS TRANSFERS WITH HIGH POWER NUCLEAR ELECTRIC PROPULSION

Methodology
An EarthMars trajectory is commonly split into three phases: two planetocentric phases (one for the Earth£s departure, the other for Mars arrival) and one heliocentric phase. For the present work, only the ¦rst planetocentric phase and the heliocentric phase are considered. Two cases were assessed: a case of a thruster with a ¦xed speci¦c impulse equal to 5000 s and a case of a thrusters with a speci¦c impulse that can be varied between I sp 1 = 3,000 s and I sp 2 = 30,000 s. However, the constant maximum thrust (I sp ¦xed at its lower value I sp 1 ) is used for the ¦rst planetocentric phase, even in the case of a variable speci¦c impulse thruster. It should be noted that these I sp values, for both the ¦xed I sp and the variable I sp cases, correspond to optimistic hypotheses. The value of 5000 s of I sp could be achieved by magnetoplasmadynamic (MPD) thrusters fed with hydrogen or even Lithium [9] and the variable I sp hypotheses corresponds to Ad-Astra values for the VASIMR engine [1] . Those performances are not §ight proven, and both thrusters have only been ground tested at power levels of a few hundreds of kilowatts (up to a few megawatts for MPDs). However, although these technologies are far from being ¤on the shelf,¥ today these hypotheses are considered to be reasonably optimistic in a long term perspective and regarding the fact that such a mission also implies a high power nuclear reactor which also has a low technology readiness level today (this topic is further discussed in section 4).
PROGRESS IN PROPULSION PHYSICS
Optimal tuning of the speci¦c impulse is not classical, thus, hereafter, the necessary optimality conditions induced by this additional degree of freedom during heliocentric phase are presented.
Dynamic model
The equations describing the dynamic model are as follows:
where r(t) is the spaceship position vector at time t ; v(t) is the spaceship velocity vector at time t ; m(t) is the spaceship mass at time t; T (t) is the thrust value at time t; U (t) is the thrust direction vector at time t ( U (t) = 1); I sp is the speci¦c impulse at time t; and µ and g 0 are the gravitational constants of the Sun and, respectively, the acceleration due to the gravity at the sea level g 0 = 9.80665 m/s 2 . The control variables are then T (t), U (t), and I sp (t). These variables have to be optimized in the feasible control space F de¦ned as follows:
where η ∈]0, 1] is the e©ciency coe©cient of the engine; and P e ∈ R + is the electrical power.
Pontryagin£s maximum principle
According to the maximum principle, the optimal control is given by the minimizing control of the Hamiltonian:
where ξ r , ξ v , and ξ m are the co-states associated with the position r, the velocity v, and the mass m, respectively.
The well-known adjoint equations of the co-states are not presented. 
else
Remark: Tmax = 2ηPe/(g 0 Isp 1 ). 
Results
After the ¦rst trajectory computation dedicated to the cross-check of AARC (AdAstra Rocket Company) results that are brie §y presented in paragraph 2.2.1, some other calculations associated with di¨erent hypotheses concerning IMLEO (Initial Mass In Low-Earth Orbit) and di¨erent values of the transfer duration, plus additional cases with constant I sp were carried out in order to evaluate the interest of variable I sp thrusters technologies vs. ¦xed ones (like, for example, MPD thrusters).
Cross-check of Ad-Astra scenario
Before going into computations of various trajectories for fast manned Mars missions using high power electric propulsion, the cross-checking AARC results for the ¤39 days 200 MW scenario¥ given in [8] was made.
The main hypothesis concerns a departure from the circular Low-Earth Orbit (LEO) of 1000-kilometer altitude, the relative velocity with respect to the Earth (V-In¦nity) equal to 2.5 km/s at the Earth£s departure, and the heliocentric phase with variable speci¦c impulse (the latter being considered as a control variable).
The departure date from LEO is assumed to be July 7, 2018 and the initial ship mass is equal to 600 t.
Concerning the geocentric phase, the computations lead to a very similar path as AARC one£s. Indeed, the computed time to escape, i. e., to reach a Figure 1 Heliocentric distance (a), heliocentric velocity (b), and value of T (c) over time 5.5 km/s V-In¦nity, is equal to 7.8 days (compared to 8 days in [8] ), and the propellant mass consumed is equal to 162.9 t (compared to 165 t in [8] ).
For the heliocentric arc, in order to have exactly the same initial conditions as in [5] , an initial mass is assumed to be equal to 435 t. As a consequence, this value is not consistent with the propellant consumption of the geocentric phase. According to [1] , the Earth£s departure date is July 15, 2018, the initial V-In¦nity is equal to 5.5 km/s, the heliocentric transfer duration is equal to 31 days, and the ¦nal V-In¦nity at Mars arrival is equal to 6.8 km/s. After computation, the optimal trajectory with a ¦nal mass equal to 146.5 t was obtained while Ad Astra obtained 140 t in [8] .
As can be observed in Fig. 1 , the optimal thrust level T varies over time and is very similar to the optimal AARC law (see [8] ). It can also be noted that the engine is always operating (no coast arcs).
The speci¦c impulse varies during the §ight according to Fig. 2 . This concludes the cross-check by recovering the results found by AARC in [8] . Thus, it is con¦rmed that to be able to perform a 39-day trajectory, the requirements on the propulsion system in terms of power and speci¦c mass 
Results of the parametric study
In order to optimize the most of parameters and to identify what are the best compromises, a decision was made to compute optimal trajectories based on the following large set of hypothesis:
IMLEO: from 100 to 500 t; initial V-In¦nity at Earth£s departure: from 0 to 6 km/s; level of nuclear reactor power: 5, 10, 20, and 50 MW; total transfer duration: 60, 90, and 120 days (plus one computation with 180 days).
Note that V-in¦nity at Mars arrival is equal to 6.8 km/s in all cases. Moreover, in order to estimate the gain obtained by using variable speci¦c impulse propulsion, some trajectory optimizations with a constant I sp equal to 5000 s were performed (such ¦xed speci¦c impulse could possibly be achievable with MPD technology and hydrogen). Those results could be completed with other levels of ¦xed I sp , and it is foreseen to perform such calculation in a further study. Figure 3 presents the ¦nal mass obtained at Mars arrival for the variable speci¦c impulse propulsion and for a set of di¨erent cases de¦ned above. Let outline here that certain cases (combinations of IMLEO, initial V-In¦nity, transfer duration, etc.) do not lead to a feasible trajectory (for example, the ¦nal mass may be negative), and consequently, they are not presented in Fig. 3 . Remark. The best value for the initial V-In¦nity among those computed (leading to the maximum ¦nal mass at Mars) is chosen for all the cases described in Fig. 5 below. This best value is case dependent. Indeed, when the initial V-In¦nity increases (from 0.0 to 6.0 km/s), the fuel consumption associated with the heliocentric phase decreases but, on the other hand, the fuel consumption associated with the escape phase increases. As a consequence, the best V-In¦nity is in general an intermediate value that depends on the case under consideration.
In case of the 5000-second I sp MPD propulsion, the corresponding ¦nal masses are given in Fig. 4 .
The ¦nal masses at Mars obtained (see Figs. 3 and 4) include the vehicle structure mass, the tanks mass, the thrusters mass, and the power generation system mass. Section 4 will allow to identify the achievable values for those masses and thus to evaluate the real payload associated with these ¦gures.
GENERIC RESULTS FOR POWER-LIMITED PROPULSION SYSTEMS
Problem De¦nition and Hypotheses
In this section, the relation between the transfer time, the performance (in terms of payload mass ratio), and technological hypotheses for a power-limited propulsion system is analyzed. In such systems, the energy used for rocket propulsion (i. e., used to accelerate and eject the mass of the jet) comes from of a power source delivering a power level P e . We denote η the global e©ciency of the system, which links P e to the power actually used for the propulsion, as shown in
where ' m is the mass §ow rate of the ejected mass and V E is the ejection velocity. Depending on the thruster technology, the mass §ow-rate and the ejection velocity (i. e., the thrust and speci¦c impulse levels) can be adjusted during the transfer or remain ¦xed.
According to the classic result [11] , the rocket equation for a Power-Limited system with a ¦xed global e©ciency can be expressed as
where γ T is the thrust acceleration, which is a function of the time (t), and M i and M f are the total initial and ¦nal masses, respectively. This relation is valid for any thrust and speci¦c impulse law, provided it satis¦es Eq. (1). However, it depends on the simplifying hypothesis that the global e©ciency η remains constant throughout the transfer regardless of the current level of speci¦c impulse.
In the same way as the classic rocket equation (for ¤Constant Ejection Velocity¥ propulsion systems), Eq. (2) can be interpreted as a relation between the mission propulsion requirements for the considered trajectory pro¦le (represented by the left-hand term) and the system design (represented by the righthand term). The left-hand term of Eq. (2) is comparable to the ¤ideal velocity¥ (also called ¤propulsive velocity increment¥) of the classic rocket equation, as it depends only on the acceleration pro¦le. For the purpose of convenience, this term λ will be denoted and referred to as the ¤trajectory characteristic parameter:¥
PROGRESS IN PROPULSION PHYSICS
The unit of λ is m 2 /s 3 , which is equivalent to W/kg. Equation (2) shows that, in the trajectory optimization problem for a vehicle with a given total initial mass (M i ), the objective of maximizing the ¦nal mass (i. e., maximizing the payload mass) amounts to minimizing λ. Thus, in the same way as the propulsive velocity increment for classic rocket systems (which should be minimized for the best performance), the minimum value of λ characterizes ¡ up to a certain extent ¡ the mission requirements for a given scenario. Also, Eq. (2) can be used in the same way as the classic rocket equation to perform a preliminary vehicle design considering a pre-de¦ned estimation of the mission requirements (represented by λ). This analysis can be based on pre-calculated tables of λ (cf., for instance, [11] and [12] ).
The validity of this approach depends on the assumption that the minimum value of λ for a given mission is invariant (or nearly invariant) to the vehicle characteristics, so that the value of λ can be reused from one vehicle design to another, considering the same mission and the same range of I sp variation. Actually, λ cannot be completely invariant to the vehicle£s total mass and power level, because these parameters have some in §uence on the acceleration level γ T , but this dependence is greatly reduced for variable thrust systems, especially when the speci¦c impulse can vary in a large domain (which is the case in this paper). So, for this kind of systems, this assumption appears to be acceptable, and a precalculated λ obtained through a single trajectory optimization for a given vehicle design can be considered to have the correct order of magnitude for a more general mission analysis. This approach has been observed to be acceptable for the ¦xed thrust propulsion systems also (the minimum value of λ has been shown to be nearly invariant to the size of the power source, cf. [13] ).
When considering a given mission scenario (e. g., an Earth-to-Mars transfer with prescribed initial and ¦nal conditions), the value of λ depends on the transfer time only and a law for λ as a function of the transfer time (cf. examples in [11] and [12] ) can be de¦ned. Thus, Eq. (2) links the transfer time (through λ) to the vehicle£s masses and power.
In this section, Eq. (2) is used to study the optimum vehicle design with regard to the objective of maximizing the payload mass ratio for a given transfer time, and technological requirements for fast Earth-to-Mars transfers are derived. For this study, the vehicle£s mass budget is de¦ned through the simpli¦ed model described in Table 2 .
Remark. Other authors have studied similar problems but with a di¨erent model for the mass budget and/or a di¨erent objective function (cf. [11] , [12] , and [14] ). This mass budget model uses the following parameters, which characterize the vehicle£s technology:
NUCLEAR AND ELECTRIC ROCKET PROPULSION 
the tank structural mass ratio (k), de¦ned by
the speci¦c mass of the power and propulsion system (α), de¦ned by
Optimum Vehicle Design for a Given Transfer Time
By transforming Eq. (2), it can be shown that the payload mass ratio (M pl /M i ) can be expressed as a function of the power-to-initial mass ratio P e /M i (cf. [2] ):
Using Eq. (3), it can be shown (cf. [2] ) that the payload mass ratio is maximized for:
The maximum payload mass ratio obtained with this value is:
Solving Eq. (5) for α, one obtains the following expression of the speci¦c mass as a function of the maximum payload mass ratio (M pl /M i ) and the trajectory characteristic parameter λ:
Equation (6) actually yields the maximum speci¦c mass a vehicle can have for a given mass ratio and a given trajectory characteristic parameter λ (hence, a given transfer time t f , according to the hypotheses exposed previously). Indeed, it can be shown that the value of α obtained through the solving of Eq. (5) (which characterizes the vehicle design with the maximum payload mass-ratio for a given α) is the same value that can be obtained by maximizing α in the general case (i. e., as de¦ned by Eq. (3) for a given payload mass ratio) with respect to (P e /M i ).
An additional result derived from Eq. (6) is the theoretical maximum value of α for the ¤limit¥ case of a null payload (i. e., null payload mass ratio):
Application to Earth-to-Mars Transfer
In this section, Eq. (6) is used to de¦ne the speci¦c mass requirement as a function of the prescribed payload mass ratio and transfer time, for an Earth (LEO) to Mars transfer with a VASIMR-like propulsion system (cf. [1, 8, 10, 15, 16] ). For this study, the following hypotheses (which are the same as in [8] ) are considered:
tank structural mass ratio: k = 0.1; global e©ciency: η = 0.6; and I sp variation range: 3,00030,000 s.
It should be noted that these values appear to be optimistic, especially considering the fact that k and η are considered as constants in the problem (cf. the list of assumptions detailed below). However, it can be observed from Eqs. (6) and (7) that the uncertainty on these data will not change the order of magnitude of the results.
In order to introduce the transfer time in the calculation, the following simple model for the estimation of λ as a function of the transfer time is presented. This model has been obtained through least-square ¦tting of a set of VASIMR mission analysis results from [15] (after the calculation of the λ data using Eq. (2)):
The units in this model are: t f in days and λ in m 2 /s 3 . By combining Eqs. (8) and (6), the speci¦c mass requirement for transfer times between 40 and 180 days, and for di¨erent payload mass ratios between 0 (which represents the theoretical feasibility ¤limit¥ for the mission) and 0.6 were It should be reminded that these results were obtained with the following assumptions (or approximations): the vehicle£s mass budget was de¦ned in a very simpli¦ed way (cf. above); for a given mission and given thruster characteristics (I sp range), it was assumed that λ is a function of the transfer time only and is nearly invariant to the vehicle£s sizing variables (power and masses). It was considered that the λ(t f ) model of Eq. (8) yields a correct order of magnitude; it was assumed that the global e©ciency remains constant throughout the thrust arc and does not vary with the level of the speci¦c impulse (this is a condition needed to write Eq. (2) with η outside the integral); and when considering a single value for the tank structural mass ratio (whatever the dimension and the size of the vehicle), the ¤scaling¥ that is typically observed for rocket stages and leads to lower values for bigger stages was not taken into account.
Despite these simpli¦cations, the interest of these results is that they give correct orders of magnitude that can be used for preliminary design for a given mission and considering a thruster with a given I sp range (3,00030,000 s in the case considered in this paper). Also, the role of Eqs. (3) to (6) is to show in a relatively simple way the relations between the key data of the problem (the transfer time, the mass ratio, and the technological hypotheses).
Theses results clearly show that the speci¦c mass requirement (i. e., maximum value possible to make the mission feasible) decreases dramatically for very short transfer times. For instance, a 60-day transfer implies a speci¦c mass lower than 1.5 kg/kW. For a 40-day transfer time, the speci¦c mass should be lower that 0.5 kg/kW. The values of the speci¦c masses requirement include not only the power generation system speci¦c mass but also the thrusters speci¦c mass.
It should be emphasized that these results (under the di¨erent assumptions stated earlier) are independent of the power level and the masses (taken individually). It is veri¦ed that the key parameter with regard to the transfer time is the speci¦c mass of the power and propulsion system, whatever the propulsion technology. The key to a fast interplanetary transfer is a very light power and propulsion system, with a very low speci¦c mass.
In the next section, the level of the speci¦c mass that could be achieved in a relatively short term and a longer term is discussed.
ACHIEVABLE SPECIFIC MASS FOR THE POWER SYSTEM DEPENDING ON TECHNOLOGY
Power Levels and Speci¦c Masses Already Achieved or Accessible in a Relatively Short Term
Between 1960 and 1992, more than 30 reactors have been used in space. However, their power levels were limited to less than 10 kWe. Those reactors were using NaK as a coolant and low e©ciency thermoelectric or thermionic technologies for conversion. Speci¦c masses made great progress during this period of time but were still very high: 570 kg/kW for Romashka in 1967, 400 kg/kW for Buk in 1977 and 180 kg/kW for TOPAZ in 1987 [17] . Today, such speci¦c masses are not competitive compared to solar panels when considering an application in the Earth orbit. At the 100 kWe power level, as shown in [3] , the speci¦c mass can be expected to be in the range of 30 to 40 kg/kWe. Such a speci¦c mass for this power could be achievable using thermoelectric conversion but with a lithium coolant instead of a NaK one in order to increase the e©ciency by increasing the hot side temperature. Such a system could be developed in a relatively short term.
Multimegawatt Power Level
In terms of power level, given the today£s state-of-the-art in space reactors and on submarine reactors, power levels that can be considered for a mid-term mission (in 20 years from now) should not exceed a few tens of megawatt. Higher power levels might be considered as not likely to be available in the same time frame.
For the multimegawatt power level, Brayton or Stirling conversion with a high temperature seems to be the most promising solution [3] . Even if those technologies are less challenging than the Rankine conversion (which could allow further reduction of the speci¦c mass), they still would probably take longer to develop than a 100 kWe liquid metal cooled system using thermo-electricity as proposed in subsection 4.1. Table 3 gives some examples of power systems (a reactor, a shield, and a conversion) that have been studied in literature to be used for manned Mars missions (either for a manned spaceship or for a support cargo mission) or other applications. Only the references using solid cores are considered, and this table does not pretend to be exhaustive. These results show a large dispersion, not only due to the choice of the conversion cycle (the Rankine is lighter than the Brayton because of much smaller radiators). Even though the perimeter included in the speci¦c mass of the system is not homogenous in the publications (some references explicitly take into account power management and distribution (PMAD), structures, and extra margin provisions, but some other references do not give such precision), this does not fully explain the dispersion.
Indeed, the very small speci¦c masses are mainly explained by the hypothesis of the temperature considered as acceptable for both solid cores (very high temperature cores proposed in literature often rely on core technologies developed for nuclear thermal rockets; however, such systems do not have the same speci¦cations in terms of operating duration) and turbines, but it also relies on evaluation of MHD conversion speci¦c mass that is low compared to turbines speci¦c mass. Those points are the subject to large debates [22] .
Concerning the authors£ position, the ongoing studies [3] tend to suggest that, for the 5-megawatt power level, the speci¦c mass of a Brayton conversion system (cycle and radiators) could be between 6 (for 1600-kelvin turbine inlet temperature) and 10 kg/kW (1300-kelvin turbine inlet temperature). Those ¦gures do not include the reactor and shielding mass, neither PMAD. Taking into account all those other items would likely give a total speci¦c mass for the full power generation system that could be nearly doubled compared to the conversion mass.
Thus, considering a Brayton with 1300 to 1600 K turbine inlet temperature (which are already challenging), the speci¦c mass of a multi-megawatt power system can be expected to be of about 15 kg/kW at 5 MW. The positive e¨ect of scaling could allow a slight reduction for 20 MW power level (or a lower turbine inlet temperature for the same speci¦c mass objective).
The Rankine cycle could allow further mass reduction (potentially as low as 5 kg/kW for the total system at 20-megawatt power level), but today the feasibility of a space propulsion nuclear reactor operating in zero or very low gravity environment with the Rankine conversion is still under question.
Looking for further reduction of the speci¦c mass (< 3 kg/kW) would necessarily need an even higher core temperature which makes the feasibility of a solid core quite questionable. It is worth noting that the reduction of the speci¦c mass is mainly coming from the higher operating temperature more than from the magnetohydrodynamic (MHD) converter itself. There is no certitude today that a MHD converter, which needs superconducting magnets and cooling, would be lighter than a turbine. Vapor core reactors have also been considered [26] but their feasibility is even less guaranteed.
Speci¦c mass of the thrusters, not discussed above, has to be added to the power system generation speci¦c mass if it is not taken into account in the tank structural index.
MISSION ANALYSIS FOR FAST EARTHMARS TRANSFERS
De¦nition of the Mission Scenario and Hypotheses
In this section, ¦rst, the feasibility of a very short Earth-to-Mars transfer of 40 days is discussed, then di¨erent scenarios that are consistent with the achievable speci¦c mass levels discussed in section 4 are studied.
In all cases, a VASIMR-like propulsion system, whose speci¦c impulse can vary between 3,000 and 30,000 s is considered. The same hypotheses given in section 3 are put under consideration with regard to the global e©ciency (0.6) and the tank and engine structural mass ratio (0.1), which can be regarded as optimistic.
The transfer starts from LEO and ends at Mars with the velocity of 6 km/s (for an aerocapture using the atmosphere of Mars).
Feasibility of a 40-Day Transfer Scenario
The order of magnitude of the trajectory characteristic parameter for a 40-day transfer is about 1200 m 2 /s 3 . This order of magnitude has been observed in di¨erent mission analysis results from the literature (e. g., [5] ) and new trajectory optimization cases performed by CNES (cf. section 2).
With this value of λ, it is known that the mission can only be achieved with a speci¦c mass lower that 0.5 kg/kW, which is the theoretical maximum value considering the ¤extreme¥ case of a null payload mass. As explained in section 3, such a low value appears extremely optimistic, and its feasibility is questionable even with the most advanced technologies currently considered, unless in a very long term.
Before studying more realistic scenarios in subsection 5.3, an example is provided of the optimal design for a 40-day mission derived from the 39 days LEOto-Mass transfer ¦rst studied by Ad Astra for its VASIMR concept (cf. [8] ).
First, let remind the original Ad Astra vehicle design for the 39 day LEO to Mars transfer, as de¦ned in [8] :
power source: P e = 200 MW; and mass budget ¡ see Table 4 .
The speci¦c mass (as de¦ned in this paper) for this case is α ∼ 0.4 kg/kW and the payload mass ratio is 0.0325
As shown by equations of subection 3.2, the maximum payload mass ratio that can be obtained with the same values of λ and α is 0.0616. Using a simple iterative design process based on the optimal design equations of subsection 3.2 and trajectory optimizations (cf. section 2), the best vehicle design that can perform the same mission in terms of the payload mass (20 t) and the transfer time (39 days) with the minimum total initial mass was calculated. The characteristics are the following: power source: P e = 165.6 MW; and mass budget ¡ see Table 5 .
The payload mass ratio for this case is 0.0830 and the total initial mass in LEO is 250 t instead of 600 t, which is a signi¦cant improvement. This optimum design is characterized by a power-to-total mass ratio P e /M i = 662.4 W/kg (instead of 333.3 W/kg in the original design).
The updated value of the trajectory characteristic parameter is λ = 1187.5 m 2 /s 3 (this value is an output of the trajectory optimization). This study illustrates the order of magnitude of the maximum payload mass ratio that can be obtained for a 40-day Earth-to-Mars transfer. Nevertheless, it should be reminded that the feasibility of such a fast transfer depends ¡ in any case ¡ on a very demanding requirement in terms of the speci¦c mass.
Proposition of Scenarios Achievable at Shorter Term
Following the considerations exposed in section 4 about the possible improvements of nuclear power technologies, di¨erent mission scenarios have been studied and their feasibility has been tested for two di¨erent speci¦c mass hypotheses:
(1) a ¤reasonably optimistic¥ hypothesis with α = 10 kg/kW, which corresponds to what can be expected in the future with the Brayton cycle technology; and (2) a more optimistic ¤long term¥ hypothesis with α = 5 kg/kW, that could be achieved using the Rankine cycle technology at a longer term (cf. [3] ).
The tank structural mass ratio is taken equal to 10% of the propellant mass. Since, the above mentioned speci¦c masses do not include a thrusters mass, in this particular case we will consider that the structural index includes it. Table 6 corresponds to the payload that can be obtained with these hypotheses of speci¦c masses for di¨erent trajectory optimization cases with a power level of 20 MW. The data for these cases are extracted from the results of section 2 (cf. Figs. 3 and 4) .
It should be noted that, according to the technological hypotheses (represented by k and α), the payload mass obtained may be negative. Results are discussed separately for the di¨erent transfer times considered in the following paragraphs. In addition, all the feasible scenarios of Table 6 (i. e., scenarios with a positive payload mass) are displayed in the [λ,M P L /M i ] domain on Fig. 6 . The ¦gure also displays the curves of the maximum payload mass ratio as a function of λ, as calculated with Eq. (3), for di¨erent values of the speci¦c mass, including 5 and 10 kg/kW (curves 4 and 5). This graphic makes possible to compare the di¨erent design cases to the corresponding optimum design (which yields the maximum payload mass ratio with the same λ value). It should be reminded, however, that λ has not exactly the same value for di¨erent cases with the same transfer time, but the order of magnitude remains the same at isotransfer time.
90 day-mission. Trajectory optimization failed to ¦nd 90 day-transfer solutions for the test cases with an IMLEO of 300 and 400 t.
The only feasible case is the one with a 200 t IMLEO, which yields a total ¦nal mass of 112 t. This mass is insu©cient to have a positive payload mass with the Brayton hypothesis (α = 10 kg/kW). On the other hand, the optimistic Rankine hypothesis (α = 5 kg/kW) allows a positive payload mass, although it is very small (3.2 t).
Using Eq. (7) and the same value of λ, it can be shown that the theoretical maximum value of the speci¦c mass that makes the mission feasible is around 67 kg/kW, which is consistent with these results.
Considering the Rankine hypothesis (α = 5 kg/kW), the payload mass is 3.2 t, which corresponds to a 0.016 mass ratio.
The theoretical maximum mass ratio that can obtained with the same trajectory characteristic α (∼ 100 m 2 /s 3 ) using Eq. (2) is 0.078 (cf. curve 4 in Fig. 6 ), which represents the optimum design for α = 5 kg/kW). This result suggests that the payload mass could be multiplied by a factor 4 or 5 with an appropriate vehicle sizing. However, this would yield only a payload mass of about 1015 t at best with the same IMLEO (200 t), which appears to be still insu©cient for a manned Mars mission. Moreover, the feasibility of such mission depends on a very optimistic hypothesis regarding the speci¦c mass.
120-day mission. Feasible optimal trajectories could be obtained for all of three IMLEO cases (200, 300 and 400 t), with ¦nal total masses between 136 and 200 t. Again, these ¦nal masses make the mission actually feasible for the Rankine hypothesis (α = 5 kg/kW) only, while the payload mass is negative with the Brayton hypothesis (10 kg/kW).
Considering α = 5 kg/kW, the payload mass obtained in the three IMLEO cases are 30, 75, and 80 t, which corresponds to mass ratios of 0.148, 0.249, and 0.20, respectively. Calculations of theoretical optimal mass ratios show that the vehicle designs for the 300-and 400-ton IMLEO cases are nearly optimal (this Figure 6 Test-cases summary and comparison with theoretical optimum vehicle sizing for di¨erent speci¦c masses: 1 ¡ optimum, α = 0.4 kg/kW; 2 ¡ 1; 3 ¡ 2; 4 ¡ 5; and 5 ¡ optimum, α = 10 kg/kW; α = 5 kg/kW: 6 ¡ 90 days, 200 t; 7 ¡ 120 days, 200 t, 8 ¡ 120 days, 300 t; 9 ¡ 120 days, 400 t; and 10 ¡ 180 days, 500 t; 11 ¡ α = 10 kg/kW, 180 days, 500 t; 12 ¡ original 39-day mission; and 13 ¡ optimized 39-day mission can be checked in Fig. 6 ) through the proximity of the design points and the optimal design curves for α = 5 kg/kW).
The 300-ton case appears to be the best of these two cases since its payload mass (75 t) shows a 5-ton only penalty compared to the one of the 400-ton case, even though the IMLEO is 100 t smaller.
Unlike the 90-day mission for which the payload was too small, the payload for the 120-day mission is de¦nitely relevant for a manned mars mission (∼ 75 80 t). Again, it should be reminded that the feasibility of this mission depends on the ¤optimistic¥ Rankine hypothesis (α = 5 kg/kW).
Actually, the theoretical maximum value for the speci¦c mass considering a null payload mass and the same values of λ obtained (∼ 5060 m 2 /s 3 ) is about 12 kg/kW, which is a little higher that the value we ¦xed for the Brayton hypothesis. This suggests that a 120 day-mission may actually be feasible in this case, but with a much smaller mass ratio of around 0.02 to 0.07. Such values appear to be inappropriate for a manned Mars mission as they lead to a very high IMLEO.
180-day mission. Only one IMLEO case (500 t) has been tested. The trajectory optimization yields a 328 ton total ¦nal mass, which makes the mission feasible for both the 5 and the 10 kg/kW hypotheses. The payload masses obtained are 212 and 112 t, which correspond to mass ratios of 0.42 and 0.22, respectively. These payload masses are de¦nitely relevant for a manned Mars mission, although it should be noted that the IMLEO is high (500 t).
In both cases, the current vehicle designs have shown to be nearly optimal in terms of the payload mass ratio (cf. Fig. 6 ), which means that the
